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TECHNICAL MEMORANDUM x-800 

AN INVESTIGATION OF THE SUBSONIC, TRANSONIC, AND SUPERSONIC 

AERODYNAMIC CHARACTERISTICS OF A PROPOSED ARROW-WING 

TRANSPORT AIRPLANE CONFIGURATIOP 

By Richard T.  Whitcomb, James C. Patterson, Jr., 
and Thomas C. Kelly 

ABSTRACT 

The p r inc ipa l  fea ture  of  the  configuration invest igated i s  the  in tegra t ion  
of t h e  engine nacel les  i n t o  the  rearward par t  of t h e  wing. 
ments of t h e  aerodynamic forces  and moments and sonic-boom i n t e n s i t y  have been 
mad-e at Mach numbers from 0.5 t o  3.5. 
cha rac t e r i s t i c s  have been invest igated at Mach numbers from 0.5 t o  2.0. 

Wind-tunnel measure- 

Various means f o r  improving t h e  off-design 
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TECHNICAL MEMORANDUM x-800 

AN INVESTIGATION OF THE SUBSONIC, TRANSONIC, AND SUPERSONIC 

AERODYNAMIC CHARACTERISTICS OF A PROPOSED ARROW-WING 

TRANSPORT AIRPLANE CONFIGURATIO@ 

By Richard T. Whitcomb, James C. Patterson, Jr., 
and Thomas C.  Kelly 

The r e s u l t s  of a wind-tunnel invest igat ion of t h e  aerodynamic character is-  
t i c s  at high subsonic, transonic,  and supersonic f l i g h t  conditions a r e  presented 
f o r  a proposed improved arrow-wing t ranspor t  a i rplane configuration designed f o r  
a m a x i m u m  c ru ise  Mach number of 3.2. The pr incipal  f e a t u r e  of t h e  combination 
i s  t h e  in tegra t ion  of t h e  engine nacel les  into t h e  rearward par t  of t h e  wing. 
Estimates based on t h e  experimental r e s u l t s  presented suggest t h a t  antairplane 
based on t h e  proposed combination would achieve r e l a t i v e l y  high supersonic l i f t -  
drag ra t ios ,  acceptable l i f t - d r a g  r a t i o s  at subsonic and t ransonic  speeds with 
t ra i l ing-edge f l a p s  def lected a s m a l l  amount, and a sonic-boom l e v e l  at t h e  
ground of about 1.5 pounds per  square foot  f o r  reasonable operating a l t i t u d e s .  

INTRODUCTION 

It i s  general ly  agreed t h a t  t h e  attainment of a competitive, long-range 
supersonic commercial a i r c r a f t  w i l l  require, among other  fac tors ,  t h e  achieve- 
ment of supersonic l i f t - d r a g  r a t i o s  subs tan t ia l ly  higher than those obtained with 
a simple delta-wing configuration s i m i l a r  t o  present long-range supersonic c ru ise  
m i l i t a r y  airplanes.  Further, t o  provide acceptable sonic-boom l e v e l s  at t h e  
ground with a reasonable climb-acceleration f l i g h t  path f o r  such an airplane,  
sonic-boom pressure s ignatures  subs tan t ia l ly  lower than those f o r  t h e  delta-wing 
configuration ( r e f .  1) w i l l  be required. 
objectives,  a s p e c i a l  treatment of a highly swept arrow w i n g ,  i s  proposed i n  
reference 2. 

One approach f o r  accomplishing these 

Although t h e  supersonic c h a r a c t e r i s t i c s  f o r  t h e  representat ive t ranspor t  
configuration based on t h e  proposed approach of reference 2 appeared qui te  prom- 
ising, exploratory invest igat ions of t h i s  airplane indicated unacceptable low 
l i f t - d r a g  r a t i o s  at high subsonic and transonic speeds. Therefore, a number of 
means f o r  improving t h e  off-design charac te r i s t ics  of t h i s  configuration have 
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a c t e r i s t i c s  of t h e  representat ive configuration f o r  t he  range of probable 
operating speeds and a t t i t u d e s  have been obtained. Further, a l i m i t e d  study has 
been made of t h e  e f f e c t s  of changes i n  ce r t a in  key design parameters, such as 
fuselage s i z e  and wing sweep. Final ly ,  experimental measurements have been made 
t o  evaluate t h e  probable sonic-boom l e v e l  f o r  t h e  proposed combination. 
r e s u l t s  from these  invest igat ions and analyses are presented herein f o r  t h e  Mach 
number range from 0.50 t o  3.50. Results obtained f o r  t h e  proposed configuration 
at landing and take-off speeds (Mach number of 0.20) may be found i n  reference 3.  

Selected 

A 

b 

CD 

E D  

cD, b 

SYMBOLS 

aspect r a t i o  

w i n g  span 

drag coeff ic ient ,  
qs 

incremental drag coef f ic ien t  

nace l le  base drag coef f ic ien t ,  Nacelle base drag 
qs 

CD, i 

M 

I n t e r n a l  duct drag i n t e r n a l  duct drag coef f ic ien t ,  
qs 

L i f t  l i f t  coeff ic ient ,  - 
ss 

incremental l i f t  coef f ic ien t  

pitching-moment coef f ic ien t ,  Pi tching moment 
qs': 

incremental pitching-moment coef f ic ien t  

mean geometric chord 

diameter 

incidence of w i n g  section, deg 

cha rac t e r i s t i c  length of sonic-boom model (1 inch w a s  used f o r  
present inves t iga t ion)  

free-stream Mach number 
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P free-stream s t a t i c  pressure 

P t  free-stream t o t a l  pressure 

AP incremental. pressure above or below ambient due t o  flow f i e l d  of 
sonic-boom model 

m a x i m u m  value of Ap at  bow shock APmax 

maximum pressure r a t i o  at .bow shock 

9 free-stream dynamic pressure 

R Reynolds number 

S wing area 

t / c  thickness r a t i o  of wing section 

V t o t a l  volume of a i rplane 

w weight of a i rplane 

x, y Cartesian coordinates of sonic-boom f i e l d ,  point X measured i n  
free-stream d i r e c t i o n  

Ax distance from point on sonic-boom pressure s ignature  t o  point of 
zero incremental pressure 

X, Y Cartesian coordinates of a i r f o i l  sections, x measured i n  chordwise 
d i rec t ion  

U 

P angle of s i d e s l i p  of fuselage reference l i n e ,  deg 

angle of a t tack  of reference l ine ,  t o p  of rear fuselage, deg 

A sweepback angle of w i n g  leading edge, deg 

6a  a i l e r o n  def lec t ion  angle, pos i t ive  when t r a i l i n g  edge down, deg 

6e e leva tor  def lec t ion  angle, posi t ive when t r a i l i n g  edge down, deg 

6f flap deflection, pos i t ive  when t r a i l i n g  edge down, deg 

6 r  rudder def lec t ion  angle, pos i t ive  when t r a i l i n g  edge r igh t ,  deg 
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l i f t - c u r v e  slope, per  deg 

s ta t ic - longi tudina l -s tab i l i ty  parameter 

change i n  rolling-moment coeff ic ient  due t o  s ides l ip ,  per  deg 

change i n  yawing-moment coeff ic ient  due t o  s ides l ip ,  per deg "P C 

change i n  side-force coeff ic ient  due t o  s ides l ip ,  per deg 

change i n  rolling-moment coeff ic ient  due t o  a i le ron  def lect ion,  per  deg 

'%a change i n  yawing-moment coeff ic ient  due t o  a i le ron  def lect ion,  per  deg 

change i n  side-force coef f ic ien t  due t o  a i l e r o n  def lect ion,  per  deg 

'%e 
change i n  pi tching moment due t o  e levator  def lect ion,  per  deg 

28r 
C change i n  rolling-moment coef f ic ien t  due t o  rudder def lect ion,  per  deg 

'nsr change i n  yawing-moment coef f ic ien t  due t o  rudder def lect ion,  per  deg 

change i n  side-force coeff ic ient  due t o  rudder def lect ion,  per  deg 

incremental change i n  drag coef f ic ien t  due t o  s ides l ip ,  per  deg 

incremental change i n  l i f t  coef f ic ien t  due t o  s ides l ip ,  per  deg 

incremental change i n  pitching-moment coef f ic ien t  due t o  s i d e s l i p ,  
per deg 

incremental change i n  drag c o e f f i c i e n t  due t o  a i le ron  def lect ion,  
per deg 

incremental change i n  lift c o e f f i c i e n t  due t o  a i l e r o n  def lect ion,  
per  deg 
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N D  - 
a r  per  deg 

incremental change i n  drag coeff ic ient  due t o  rudder def lec t ion ,  

incremental change i n  l i f t  coeff ic ient  due t o  rudder def lect ion,  N L  - 
mr per  deg 

incremental change i n  pitching-moment coef f ic ien t  due t o  rudder mm - 
B r  deflect ion,  pe r  deg 

Subscripts : 

m a x  maximum 

min minimum 

APPARATlTS AND METRODS 

Experimental Models 

The general  configuration of t h e  present inves t iga t ion  i s  similar t o  t h a t  
described i n  reference 2 except f o r  t h e  addition of v e r t i c a l  and hor izonta l  t a i l s .  
It incorporates  a highly swept arrow wing having a low r a t i o  of root  chord t o  
length, camber and t w i s t ,  nace l les  (4)  in tegra ted  i n t o  t h e  rearward por t ion  of 
t h e  w i n g s ,  and fuselage camber. (See f i g .  1.) This configuration i s  t h e  four th  
i n  a series of supersonic t ranspor t  combinations being inves t iga ted  by t h e  
National Aeronautics and Space Administration and i s  general ly  r e fe r r ed  t o  as 
SCAT 4. 

Basic configuration.-  Most of t h e  supersonic tests of t h i s  inves t iga t ion  
were made f o r  t h e  model described i n  f igu res  l (a) and l ( b )  and t a b l e  I, which 
w i l l  be r e fe r r ed  t o  here in  as t h e  ' 'basic configuration." 

- f o r  an a i rp l ane  based on t h i s  model would be about 0.18. 
S 

t h i s  fac tor ,  t h e  volume of t h e  stream tubes on t h e  engine a i r  ducts w a s  subtracted 
from t h e  t o t a l  volume and t h e  rearward end of the fuselage w a s  closed t o  simulate 
a proposed a i rp l ane  configuration. 

The volume f a c t o r  
$13 

I n  a r r iv ing  at 

(See f i g .  2.) 

Leading-edge droop.- During t h e  development of t h e  proposed configuration, 
leading-edge droop was incorporated i n  t h e  outboard sec t ions  of t h e  bas ic  wing 
t o  improve t h e  subsonic cha rac t e r i s t i c s .  The e f f e c t  of t h i s  droop, which var ied 
from 0 at  t h e  wing-fuselage juncture t o  a maximum of 0.07 inch at t h e  t i p ,  on 
t h e  outboard w i n g  sec t ion  shapes i s  shown i n  f igu res  l ( b )  and l ( e ) .  The 



N a c e l l e  and fuselage camber delet ion.-  Experiments were made t o  determine 
t h e  separate e f f e c t s  of delet ing t h e  nacel les  and fuselage camber at supersonic 
speeds and t h e  combined e f f e c t s  of these  changes a t  subsonic and t ransonic  Mach 
numbers f o r  the  combination with leading-edge droop. 

Modifications of fuselage s i z e  and shape and dihedral.-  Limited experiments 
were made l a t e  i n  t h e  invest igat ion of t h e  combined e f f e c t s  of a 25-percent 
reduction i n  fuselage f r o n t a l  area, a 4' reductioq i n  dihedral ,  and a forward 
movement of t h e  discont inui ty  of the  fuselage contours near t h e  leading edge of 
t h e  wing-fuselage juncture.  
t e s t s  was made f o r  a configuration with t h e  nacel les  removed; t h e  t ransonic  p a r t  
w a s  made with t h e  nacel les  and fuselage camber eliminated. The volume f a c t o r  
f o r  a complete a i rplane configuration with t h e  reduced fuselage would be about 
0.16. Photographs of an airplane based on t h e  configuration with t h e  modified 
fuselage and dihedral  a r e  shown i n  f i g u r e  l ( d ) .  

(See f i g .  l ( c ) . )  The supersonic phase of these  

Fuselage afterbody closure.- The e f f e c t  of changing t h e  fuselage afterbody 
shape f r o m  t h a t  of t h e  t e s t  model with t h e  reduced fuselage s i z e  ( f i g .  l ( c ) )  t o  
one simulating an airplane configuration w a s  evaluated by using t h e  models of 
f igure  3. The wings and forebody of t h e  models of f igure  3(a) a r e  s i m i l a r  t o  
those of f igure  1 except f o r  removal of t h e  outer  portions of t h e  wing panels. 
A t  Mach numbers of 3.0 o r  grea te r  t h i s  modification should have only a s l i g h t  
e f f e c t  on t h e  fuselage afterbody drag s ince most of t h e  disturbances from these  
outboard elements pass behind t h e  fuselage f o r  such conditions. Sol id  bodies 
simulating t h e  area developments of t h e  forward p a r t s  of t h e  inner  nacel les  with 
t h e  i n l e t  stream tube removed have been added t o  t h e  w i n g .  

Two closed afterbody configurations were invest igated.  One consisted of  a 
simple closure of t h e  t e s t  configuration i n  a general ly  upward d i rec t ion .  This 
configuration w i l l  be re fer red  t o  as t h e  "basic closure.  I' 

t h e  second, t h e  aft  port ion of t h e  fuselage w a s  lowered 0.015 inch while t h e  
t r a i l i n g  edge of t h e  wing near t h e  fuselage w a s  ra i sed  0.015 inch. These changes 
have been confined within a Mach cone which i s  a f t  of t h e  components of t h i s  
model d i f fe r ing  from t h e  complete configuration. Thus, aerodynamic increments 
obtained should be applicable t o  t h e  complete configuration. This combination 
w i l l  be referred t o  as the  "closure with ra i sed  wing t r a i l i n g  edge." 

(See f i g .  3( a ) .  ) For 

The two af terbodies  of f i g u r e  3(b)  f o r  t h e  fuselage alone are similar t o  
those of f igure  1 except f o r  t h e  removal of a s m a l l  por t ion of t h e  extreme rear-  
ward par t  of t h e  closed afterbody configuration. 

Flaps and controls.-  The e f f e c t s  of p a r t i a l  def lect ions of t h e  main t r a i l i n g -  
edge landing f l a p  and t h e  associated ramp (ref .  3) were invest igated i n  conjunc- _ .  
t i o n  w i t h  downward def lect ions of t h e  a i i e r o n s .  (See f i g .  1( a ) .  ) 

Investigations were a l s o  made with def lec t ions  of t h e  rudder, a i lerons,  and I 

elevator  shown i n  f igure  1( a ) .  
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Sonic-boom conZZ&ration!;* Pr~~li 'O-slal~JOodeJ-  km !h$*ba%& rnQdel configura- 
t i o n  ( f i g .  4 )  w a s  invest igated tdbe termine  mtHemTaP-.field p&&iur&lntensity. 
This model i s  an exact sca le  model of t h e  basic configuration with t h e  exception 
t h a t  t h e  volume of t h e  engine nacelles has been evenly d is t r ibu ted  along t h e  
rearward region of t h e  wing ra ther  than at f o u r  i s o l a t e d  posi t ions along t h e  span. 

ma a m m  

F a c i l i t i e s  and Techniques 

Wind tunnels.-  Four variable-density wind-tunnel f a c i l i t i e s  were u t i l i z e d  
f o r  t h e  present invest igat ion.  
t o  1.30) were obtained i n  t h e  Langley 8-foot transonic pressure tunnel which i s  
capable of continuous operation through t h e  speed range noted without t h e  usual 
e f f e c t s  of blockage. 
measurements of t h e  sonic-boom i n t e n s i t i e s  at Mach numbers of 1.40 and 2.01 were 
obtained i n  t h e  Langley 4- by 4-foot supersonic pressure tunnel.  
sonic r e s u l t s  (Mach numbers 2.3 t o  3.5) were obtained i n  t h e  high-speed l e g  of 
t h e  Langley Unitary Plan wind tunnel.  Invest igat ions of afterbody closure f o r  
the  fuselage alone were made i n  the  2-foot hypersonic f a c i l i t y  at t h e  Langley 
Research Center. 

Subsonic and transonic r e s u l t s  (Mach numbers 0.50 

Aerodynamic charac te r i s t ics  at  a Mach number of 2.01 and 

High super- 

Afterbody closure invest igat ion.-  The truncated wing-fuselage combinations 
were supported on a cent ra l ly  located i n t e r n a l  strain-gage balance which w a s  
at tached t o  a s t r u t  passing through the  l e f t  wing panel and extending wel l  beyond 
the  wing t i p  as shown i n  f igure  3(a). 
a t tack  mechanism through a l a r g e  diameter s t ing.  The model w a s  or iented with t h e  
wing span e s s e n t i a l l y  v e r t i c a l .  
dynamic e f f e c t s  of t h e  sting holding t h e  complete t es t  model were simulated by 
an independently mounted dummy s t i n g .  
were supported by a 0.5-inch-diameter s t i n g  with a constant area extending 4 base 
diameters behind t h e  ends of t h e  models. 

The s t r u t  w a s  connected t o  t h e  angle-of- 

For t h e  open afterbody configuration, t h e  aero- 

The fuselage-alone models of f i g u r e  3(b)  

Sonic boom.- The sonic-boom models were s t i n g  mounted on a support system 
which provided f o r  remotely controlled adjustments of t h e  longi tudinal  pos i t ion  
of t h e  model. (See r e f .  4 . )  

Test Conditions 

Range f o r  force  t e s t s . -  Tests were conducted over a Mach number range from 
0.50 t o  3-50 at  Reynolds numbers indicated i n  f i g u r e  5 .  
were conducted at tunnel  s t a t i c  pressures which are designated "basic" i n  f i g -  
u r e  5 .  
l imi ted  inves t iga t ions  were conducted a t  tunnel s t a t i c  pressures indicated as 
"increased" i n  f igure  5 .  The angle-of-attack range var ied generally from -2O 
t o  6' at Mach numbers from 0.50 t o  1.30; and from -2O t o  6' at Mach numbers 
from 2 . 0 1 t o  3.50. 
numbers from 0.50 t o  1 . 2  and +lo f o r  Mach numbers from 2.3 t o  3.5. 
t i o n s  were made f o r  t h e  f l a p  and a i le ron  deflected downward 4' with the  ramp 
at  2' ( f i g .  l ( a ) )  a t  Mach numbers t o  2.0. 
were t e s t e d  a t  Mach numbers t o  1.2.  

Most of t h e  experiments 

I n  order  t o  determine the  e f f e c t s  of a v a r i a t i o n  i n  Reynolds number, 

Invest igat ions were made at s i d e s l i p  angles of -2' f o r  Mach 
Investiga- 

Corresponding def lect ions of 7 O  and 3' 
Elevator def lec t ions  of - 5 O  and -7' were 
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to 1.2, and -5O at Mach numbers of 2.3 t o  3.5 were a l so  invest igated.  
w e r e  obtained with t h e  l e f t  a i l e ron  down 7O, t h e  r igh t  up 7' f o r  t h e  configura- 
t i o n  incorporating 7' of f l a p  def lec t ion  at Mach numbers from 0.5 t o  1.2.  
addi t ion  t o  t h e  various control  def lec t ions  invest igated,  data were obtained with 
t h e  complete t a i l  assembly removed. 

Results 

I n  

The afterbody closure inves t iga t ion  u t i l i z i n g  t h e  t runcated wing-fuselage 
combination w a s  conducted at Mach numbers of 2.96, 3.20, and 3.50 f o r  angles of 
a t t ack  from about 0' t o  3' and through a s idesl ip-angle  range from -2' t o  2'. 
Tests  of t he  fuselage alone (with and without afterbody closure)  were conducted 
a t  Mach numbers from 3.0 t o  3.5 and at angles of a t tack  from 0' t o  4'. 

Transi t ion s t r i p s . -  All experiments were conducted with boundary-layer 
t r a n s i t i o n  f ixed.  The t r a n s i t i o n  s t r i p s ,  composed of carborundum gra ins  set i n  
a p l a s t i c  adhesive, were 0.010 inch w i d e  and were located with t h e  forward edges 
3/16 inch aft of t h e  w i n g  and t a i l  leading edges, 1/8 inch aft of t h e  i n l e t  l i p ,  
and 3 inches aft of t h e  fuselage nose. The s t r i p  on t h e  fuselage nose w a s  com- 
posed of No. 60 carborundum gra ins  f o r  all Mach numbers. The o the r  s t r i p s  were 
composed o f  No. 120 carborundum gra ins  f o r  t h e  tests at Mach numbers from 0.50 
t o  3.50. 
were made with a r e l a t i v e l y  high g ra in  density,  approximately 100 gra ins  per  
f r o n t a l  inch. Fluorescent-oil  flow inves t iga t ions ,  which a r e  described l a t e r ,  
indicated t h a t  t he  t r a n s i t i o n  s t r i p s  used produced flow pa t t e rns  t y p i c a l  of those 
general ly  observed with t h e  presence of turbulent  boundary-layer flow over a 
model. 
i n  drag with Reynolds number close t o  t h a t  predicted using turbulen t  sk in - f r i c t ion  
theory. I n  order t o  determine t h e  e f f e c t  of a decrease i n  t r a n s i t i o n - s t r i p  gra in  
density,  one experiment w a s  conducted at a Mach number of 2.01 with approximately 
20 gra ins  p e r  f r o n t a l  inch. 

I n  an attempt t o  assure  a turbulen t  boundary l aye r  most of t h e  s tud ies  

I n  addition, tes ts  conducted a t  two Reynolds numbers indicated a change 

Recent unpublished experiments through a wider range of Reynolds numbers 
than f o r  t he  present inves t iga t ion  f o r  a supersonic t ranspor t  configuration with 
t r a n s i t i o n  s t r i p s  s i m i l a r  t o  those on t h e  present  model have ind ica ted  t h a t  t h e  
boundary layer  w a s  not f u l l y  turbulen t  at supersonic Mach numbers f o r  Reynolds 
numbers of t h e  order of t h e  present t e s t s ,  even though oi l - f low surveys indicated 
completely turbulent  f low.  
model at low angles of a t tack .  It i s  probable, however, t h a t  t h e  boundary l aye r  
would become completely turbulent  as angle of a t t ack  i s  increased t o  values c lose 
t o  those f o r  t he  fu l l - s ca l e  m a x i m  l i f t - d r a g  condition. 

Such a condition may have ex is ted  on t h e  present  

Sonic boom.- Studies with t h e  sonic-boom model were made a t  Mach numbers 
of 1.40 and 2.01 at Reynolds numbers pe r  foot  of 3.0 x 106 and 2.5 X 106, 
respect ively.  
of 0, 0.15, and 0.3 at a Mach number of 1.4 and lift coe f f i c i en t s  of 0, 0.1, 
and 0.2 a t  M = 2.01. 

Model angles of a t t ack  w e r e  adjusted t o  obta in  l i f t  coe f f i c i en t s  



Forces.- Measurements of all forces  and moments were obtained from an i n t e r -  
na l ly  mounted, sting-supported, six-component e l e c t r i c a l  strain-gage balance. 

The s t a t i c  pressure at t h e  base of t h e  fuselage and i n  t h e  balance chamber 
w a s  measured simultaneously by a s ingle  pressure transducer.  
were used t o  ad jus t  t h e  force  and moment resul ts  t o  t h e  condition of stream s t a t i c  
pressure at the  base of t h e  fuselage. Similar correct ions were made f o r  t h e  
s t a t i c  pressures measured at t h e  bases of the nace l les  and t h e  base of t h e  open 
afterbody of t h e  afterbody closure invest igat ions.  

The measurements 

The measured angle of a t tack  has been corrected f o r  tunnel flow angular i ty  
and tunnel s t i n g  and balance def lec t ion  and i s  estimated t o  be accurate within 
a.100. 

In t e rna l  duct drag.- Previous invest igat ions have indicated t h a t  accurate  
determination of i n t e r n a l  duct drag, pa r t i cu la r ly  at  t h e  higher supersonic Mach 
numbers, i s  qui te  d i f f i c u l t .  (See r e f .  5 .  ) I n  order  t o  insure adequate measure- 
ments f o r  t h e  present invest igat ion,  severa l  precautions (based on exploratory 
t e s t s )  have been taken. The i n t e r n a l  ducting, shown i n  f igu re  6, w a s  designed t o  
provide r e l a t i v e l y  low Mach numbers i n  t h e  f low ahead of t h e  e x i t  and sonic flow 
at  t h e  e x i t .  I n  addition, t h e  ducting cross sec t ion  w a s  reduced j u s t  behind t h e  
i n l e t  i n  order t o  provide reduced mass-flow r a t i o s  at subsonic speeds, more 
closely simulating conditions which would be experienced i n  ac tua l  f l i g h t .  (See 
f i g .  7.) Each inlet  had a capture area of  about 0.63 square inch, a minimum a rea  
of roughly 0.41 square inch, a m a x i m u m  area ahead of t h e  e x i t  of 1.23 square 
inches, and an e x i t  nozzle a rea  of 0.61 square inch. The design of t h e  e x i t  
nozzle shape w a s  such as t o  provide a smooth acce lera t ion  of t h e  duct a i r  flow 
t o  a Mach number of 1.0 (a t  stream Mach numbers g rea t e r  than 1 .0) .  
provide s u f f i c i e n t  length f o r  t h i s  air-flow acceleration, t h e  nace l les  were 
extended beyond t h e  w i n g  t r a i l i n g  edge by an amount somewhat g rea t e r  than t h a t  
proposed f o r  an ac tua l  a i rplane.  

I n  order  t o  

(See f i g .  1( a) .  ) 

Exploratory tests ind ica ted  i r r e g u l a r  var ia t ions of t h e  s t a t i c  and t o t a l  
pressures  across  each duct e x i t  at supersonic stream Mach numbers. I n  an attempt 
t o  reduce these  va r i a t ions  as wel l  as any stream cross f l o w s  or f luc tua t ions  which 
might be present,  d iv ider  p l a t e s  were in s t a l l ed  which extended i n t o  t h e  e x i t  
nozzles approximately 1 . 2  inches and which separated each e x i t  i n t o  four  segments 
having equal areas. (See f i g .  6.) Subsequent s ta t ic -pressure  measurements, both 
i n  t h e  stream and at t h e  w a l l ,  indicated tha t  t h e r e  w a s  e s sen t i a l ly  no va r i a t ion  
i n  s t a t i c  pressure within each segment; therefore,  only t h e  s ta t ic -pressure  
o r i f i c e s  i n  each segment w a l l  were used f o r  the r e s t  of t h e  inves t iga t ions .  

Measurements of t o t a l  pressures i n  each duct e x i t  showed tha t ,  f o r  two seg- 
ments, t o t a l  pressures  were f a i r l y  constant within t h e  segment whereas f o r  t h e  
o the r  two segments va r i a t ions  i n  t o t a l  pressure occurred. 
of t o t a l -p re s su re  tubes f o r  each e x i t  were then arranged so there  were s i x  t o t a l -  
pressure measurements made i n  t h e  segments having not iceable  to ta l -pressure  
va r i a t ions  and t h r e e  i n  those having a f a i r l y  constant t o t a l  pressure across t h e  
segment. Actual tube loca t ions  were selected t o  provide measurements at t h e  

The ava i lab le  number 
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Mass-flow r a t i o s  and i n t e r n a l  drag coef f ic ien ts  have been calculated by using 
standard procedures. (See ref. 6, f o r  example.) I n t e r n a l  drag coeff ic ients ,  
presented i n  f igure  7, represent a summation of individual  point  drag values which 
were obtained f o r  each of t h e  total-pressure tubes. 
been adjusted f o r  both t h e  i n t e r n a l  duct drag and a l so  t h e  sk in- f r ic t ion  drag 
associated with t h e  model nacel le  extension which w a s  noted e a r l i e r .  

The model drag r e s u l t s  have 

The total-pressure measurements on which t h e  i n t e r n a l  drag adjustments a re  
based include t h e  energy loss  of t h e  wing boundary l a y e r  ingested i n t o  t h e  i n l e t s .  
This effect ,  of course, leads t o  an erroneously high i n t e r n a l  drag correction. 
It i s  impossible t o  ca lcu la te  t h e  magnitude of t h i s  e r r o r  exactly.  
estimates ind ica te  t h a t  it should probably be l e s s  than 0.0001 i n  drag coeffi-  
c ien t .  

However, 

The bas ic  r e s u l t s  presented include no adjustment f o r  such an e r r o r .  

O i l  flow surveys.- Studies of t h e  flow about severa l  of t h e  configurations 
investigated were made through t h e  use of t h e  f luorescent-oi l  f i l m  method. 
reported i n  reference 7, t h e  method consis ts  simply of pu t t ing  a t h i n  f i l m  of 
lubricat ing o i l  on t h e  model and observing t h e  model i n  t h e  dark with use of 
u l t r a v i o l e t  l i g h t .  
duced c lear ly  defined pa t te rns  of t h e  boundary-layer flow over t h e  surfaces 
coated w i t h  t h e  o i l .  

A s  

The shearing ac t ion  of t h e  air  passing over t h e  model pro- 

Schlieren.- Schlieren photographs at supersonic speeds were taken with the 
use of a s ingle  pass system. (See r e f .  8 . )  

Sonic boom.- Measurements of t h e  pressure s ignatures  of t h e  sonic-boom model 
were made by means of s ta t ic -pressure  probes located at dis tances  of 12.5, 25, 
and 50 inches from t h e  model, measured perpendicular t o  t h e  free-stream direc-  
t ion ,  as described i n  reference 4.  The r e p e a t a b i l i t y  of t h e  d a t a  i s  estimated 
t o  be m.0003 f o r  Ap/p and a.03 f o r  AX/L. The bow-shock pressure-r ise  data 
obtained by t h e  probe located 50 inches from t h e  model ( f a r - f i e l d  conditions) 
were adjusted f o r  v ibra t ion  of t h e  model during t h e  inves t iga t ion  i n  t h e  manner 
discussed i n  reference 4. 
cent.  
boundary layer  on t h e  s m a l l  sonic-boom model. 
boundary layer  at M = 2.0 
t h e  model of approximately 28 percent. 
placement mounted t o  a 12-percent decrease i n  t h e  peak-pressure o r  sonic-boom 
l e v e l  at CL = 0 with l e s s e r  correct ion at o ther  t e s t  conditions.  Also, t h e  
e f fec t  of reducing t h e  r e l a t i v e  s i z e  of t h e  fuselage from t h a t  of t h e  boom t e s t  
model t o  t h a t  of t h e  configuration of f i g u r e  l ( d )  has been estimated on t h e  
basis of l i n e a r  theory. 

This adjustment increased t h e  peak pressure by 30 per- 
The peak pressures a l s o  have been adjusted f o r  t h e  buildup of t h e  laminar 

The stream displacement by t h e  
i s  equivalent t o  an increase of t h e  f r o n t a l  area of 

The correct ion t o  account f o r  t h i s  dis-  
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Results of t h i s  inves t iga t ion  are  presented i n  standard coef f ic ien t  form 
with t h e  longi tudina l  and la teral  r e s u l t s  referred t o  t he  s t a b i l i t y -  and body-axis 
systems. respect ively . 
closure inves t iga t ion  are based on wing areas and t h e  mean aerodynamic chord 
l i s t e d  i n  t a b l e  I . The moment reference center was se lec ted  t o  give s t a t i c  sta- 
b i l i t y  at low subsonic speeds and i s  located at model s t a t i o n  27.87 inches 
(61 percent of t h e  body length)  . The r e su l t s  of t h i s  inves t iga t ion  a re  included 
i n  t h e  following tab le :  

Force-test  coeff ic ients  including those f o r  t h e  afterbody 

Figure 
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Flaps.- A t  subsonic and t ransonic  speeds t h e  drag-due-to-lif t  f ac to r s  f o r  
t h e  bas ic  configuration without f l a p  def lec t ion  ( f i g .  8 ( b ) )  a re  subs t an t i a l ly  
g r e a t e r  than t h a t  predicted by theory. 
adverse difference r e s u l t s  from boundary-layer separat ion on t h e  upper surface 
of t h e  w i n g .  The f l a p  and a i l e ron  def lec t ions  invest igated r e s u l t  i n  s ign i f i can t  
improvement of these  f ac to r s  at l i f t  coef f ic ien ts  near those f o r  maximum f u l l -  
sca le  l i f t -d rag  r a t i o s  ( f i g .  29). 
numbers from 0.50 t o  0.90; 4' i s  more sa t i s f ac to ry  at 
f i g .  8 ( b ) . )  (The measured drag-coefficient values at M = 0.97 are  lower f o r  
t h e  7 O  than f o r  t h e  4 O  deflect ion;  however, because of t h e  l e s s e r  negative s h i f t  
i n  t h e  pitching moment associated with t h e  4' deflect ion,  t h e  maximum trimmed 
l i f t - d r a g  r a t i o s  a t  t h i s  condition are obtained with t h e  bo def l ec t ion . )  These 
favorable e f f e c t s  of f l a p  def lec t ions  r e s u l t  pr imari ly  from t h e  f a c t  t h a t  they 
allow a subs tan t ia l  reduction of t h e  wing angle of a t t ack  required t o  obtain a 
given lift coeff ic ient  (about 2O f o r  7' f l a p  def lec t ion  of a Mach number of 0.90) 
with an associated decrease of t h e  boundary-layer separat ion on t h e  upper surface.  
Flow surveys ind ica te  very l i t t l e  separat ion on t h e  f l a p  even a t  t h e  c r i t i c a l  
t ransonic  speeds ( f i g .  16). However, exploratory experiments indicated substan- 
t i a l  separation i n  t h e  region of t h e  f l a p s  without t h e  ramp of t h e  main f l a p .  

O i l  flow surveys ind ica t e  t h a t  t h i s  

Deflections of 7 O  are most e f f ec t ive  at Mach 
M = 0.97 t o  1.3. (See 

Leading-edge droop.- Drooping t h e  wing leading edge r e s u l t s  i n  a small 
improvement i n  t h e  drag at l i f t  coe f f i c i en t s  f o r  f u l l - s c a l e  maximum l i f t - d r a g  
r a t i o s  through t h e  subsonic speed range with l i t t l e  or no e f f e c t  a t  t h e  higher 
Mach numbers. (See f i g s .  g(b)  and 18(b) . )  
edge droop t h e  drag-due-to-lif t  values at subsonic Mach numbers f o r  l i f t  coef- 
f i c i e n t s  near those f o r  maximum f u l l - s c a l e  l i f t - d r a g  r a t i o s  ( f i g .  29) are  approxi- 
mately 1.10 times t h e  t h e o r e t i c a l  values f o r  these  speeds. This d i f fe rence  i s  of  
t h e  order of t h a t  f o r  a similar swept-wing configuration designed f o r  subsonic 
speeds ( r e f .  9) .  This r e l a t i v e l y  close approach of t h e  ac tua l  f a c t o r  t o  t h e  
theory r e su l t s  pr imari ly  from t h e  near elimination of separat ion on t h e  wing 
( f i g .  16).  

With t h e  f l a p s  def lected and leading- 

Nacelles and fuselage camber.- A t  subsonic and t ransonic  speeds, t h e  dele- 
t i o n  of the nacel les  and fuselage camber from t h e  configuration without f l a p  
def lec t ion  ( f i g .  l l ( b ) )  provides a s ign i f i can t  reduction i n  drag at  angles of 
a t t ack  corresponding t o  those f o r  m a x i m u m  l i f t - d r a g  r a t io s ,  approximately 20, with 
t h e  f l a p s  deflected.  
t h i s  reduction i n  drag coe f f i c i en t  i s  approximately 0.0020. This decrement i s  
subs tan t ia l ly  g rea t e r  than t h e  computed sk in- f r ic t ion  drag coe f f i c i en t s  of t h e  
nace l les  of about 0.0009 f o r  these  same Mach numbers. 
probably r e su l t s  from in le t  s p i l l a g e  associated with t h e  r e l a t i v e l y  l o w  i n l e t  
mass-flow r a t i o s  f o r  these  conditions ( f i g .  7 )  and t h e  e f f e c t  of fuselage camber. 
Inlet  sp i l lage  i s  probably t h e  l a r g e r  f ac to r .  

(See f i g s .  8 ( b )  and 29.) A t  Mach numbers of 0.90 and 1.2, 

The add i t iona l  d i f fe rence  

A t  a l l  supersonic t e s t  Mach numbers, removal of t h e  engine nace l les  from t h e  
bas ic  configuration having leading-edge droop ( f i g .  20(b) )  r e s u l t s  i n  a not ice-  
able  increase i n  t h e  drag coe f f i c i en t s  at lift coef f ic ien ts  near those f o r  t h e  
fu l l - s ca l e  m a x i m  l i f t - d r a g  r a t i o s  (see f i g .  29) even though t h e  configuration 
wetted area i s  s ign i f i can t ly  reduced by t h i s  change. 
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Deletion of the 
edge droop and 
speeds on drag at l i f t  coef f ic ien ts  near those f o r  the m a x i m u m  l i f t - d r a g  r a t i o .  
(See f i g .  20(b).) 

Fuselage s i z e  and dihedral,  combined.- Results showing t h e  combined e f f e c t s  
of reductions i n  fuselage s i z e  and dihedral  and a forward s h i f t  i n  the longitu- 
d ina l  pos i t ion  of t h e  fuselage corner near the wing-leading-edge-fuselage junc- 
t u r e  f o r  t h e  configuration with no f l a p  def lect ion and with nace l les  and body 
camber removed a re  given i n  f igu res  l 2 ( b )  and 21(b). 
imately 20) near those f o r  m a x i m u m  l i f t - d r a g  r a t i o s  ( f o r  t h e  combination w i t h  
f l a p s  def lected)  the  t o t a l  decrements associated w i t h  these  changes are about 
0.0010 at a Mach number of 0.90, and 0.0020 a t  
subsonic d i f fe rence  i s  approximately 50 percent g r e a t e r  than t h a t  estimated f o r  
t h e  changes i n  sk in  f r i c t i o n  and induced drag. The addi t iona l  change might have 
r e su l t ed  from a favorable e f f e c t  of the more forward loca t ion  of the fuselage 
corner. The g r e a t e r  e f f e c t s  of these changes a t  t ransonic  speeds a re  approxi- 
mately equal t o  t h e  change i n  wave drag estimated f o r  t h e  differences i n  t h e  
area developments ( f i g  . 2) . 

A t  angles of a t tack  (approx- 

M = 1.03. (See f i g .  12(b). ) The 

The changes noted result i n  reductions i n  t he  drag coef f ic ien ts  at l i f t  
coe f f i c i en t s  near  those f o r  t h e  maximum fu l l - sca l e  l i f t - d r a g  r a t i o s  ( f i g .  29) at  
all supersonic Mach numbers ( f i g .  21(b)). 
i s  approximately 0.0006. E s t i m a t e s  have indicated tha t  of t h i s  t o t a l  reduction, 
t h e  va r i a t ion  i n  fuselage s i z e  contr ibutes  approximately 0.0003; t he  reduction 
i n  w i n g  dihedral ,  0.0002; and t h e  forward movement of t he  fuselage corner, t h e  
r e s t .  This l a t t e r  e f f e c t  results from a s igni f icant  reduction of the l o c a l  
s lopes of the  supersonic-area developments f o r  t h e  combination at longi tudina l  
s t a t i o n s  near t h e  leading edge of t h e  wing-fuselage juncture.  
expected t h a t  t h e  decrements due t o  t h e  var ia t ions  inves t iga ted  f o r  the nacel le-  
on configurat ion would be approximately similar t o  these  measured values s ince  
t h e r e  would probably be no s ign i f i can t  mutual. in te r fe rences  between the e f f e c t s  
of nace l les  and the inf luences of t he  changes invest igated.  

A t  a Mach number of 3.2 t h i s  reduction 

It might be 

Afterbody closure.-  Because of a considerable question as t o  t h e  drag incre-  
ment due t o  c losing t h e  fuselage afterbody from t h e  configuration required f o r  
t h e  model tests t o  one corresponding t o  a possible a i rp lane  configuration, a 
s ign i f i can t  e f f o r t  w a s  made t o  evaluate th i s  e f f e c t  experimentally a t  supersonic 
speeds. Resul ts  obtained f o r  opened and closed af terbodies  of t h e  reduced fuse- 
lage i n  the  presence of a simulated w i n g ,  but with no t a i l  surfaces ( f i g .  3(a)) 
a r e  given i n  f i g u r e  22 f o r  Mach numbers from 2.96 t o  3.50. 
and t h a t  with the wing t r a i l i n g  edge raised re su l t  i n  a drag-coefficient increase 
of about 0.00015 f o r  angles of a t tack  near those f o r  t h e  fu l l - s ca l e  
about 2O, at a Mach number of 3.2. For the bas ic  c losure t h e  l i f t  coef f ic ien t  i s  
reduced by about 0.001. With t h e  w i n g  trailing edge r a i sed  no change i n  lift was 
measured. Application of t hese  increments t o  t h e  results f o r  t h e  complete con- 
f igu ra t ion  ind ica t e s  t h a t  t h e  drag coefficient f o r  a given lift coef f ic ien t  near  
t h a t  f o r  m a x i m u m  l i f t - d r a g  r a t i o  i s  increased by 0.00025 f o r  t h e  bas ic  c losure 
and O.OOOl5 f o r  t h e  configuration with t h e  raised t r a i l i n g  edge. 
f o r  t h i s  l a t te r  configuration r e s u l t s  primarily from a reduced in te r fe rence  of 
t he  flow f i e l d s  of t h e  w i n g  and fuselage afterbody. 

Both t h e  bas i c  closure 

( L / D ) m a ,  

The improvement 



t h e  drag decrements j u s t  noted with those obtained from an inves t iga t ion  of t h e  
open and closed af terbodies  alone. 
measured f o r  t h e  closure of t h e  body alone at conditions close t o  those f o r  which 
t h e  decrements noted previously f o r  t h e  simulated wing afterbody configurations 
were obtained.. This favorable e f f e c t  of afterbody closure f o r  t h e  fuselage alone 
r e s u l t s  from t h e  f a c t  t h a t  t h e  decrease of sk in- f r ic t ion  drag associated with t h e  
reduction of wetted area i s  g rea t e r  than t h e  r e l a t i v e l y  s m a l l  increase of wave 
drag f o r  t h e  high-fineness-ratio afterbody. 

A drag-coefficient decrement of 0.0005 w a s  

Mach number.- The va r i a t ions  with Mach number of t h e  minimum drag coeff i -  

A t  
c i en t  f o r  t h e  most nearly symmetrical configuration, t h a t  is ,  t h e  bas ic  configura- 
t i o n  without leading-edge droop o r  flap def lect ion,  i s  shown i n  f igu re  29. 
supersonic Mach numbers t h e  minimum drag decreases with increase i n  Mach number 
approximately as predicted on t h e  bas i s  of turbulent  sk in - f r i c t ion  theory 
(ref.  10) and linear-wave theory t o  a Mach number of approximately 3.2. 
Mach number of 3.5 t h e  minimum drag increases  abruptly above t h e  t r end  defined 
by t h e  lower Mach number data .  
drag i s  probably due t o  t h e  convergence of pos i t i ve  disturbances along t h e  leading 
edge of the  w i n g .  

A t  a 

As suggested i n  reference 2, t h i s  increase i n  

The var ia t ion  with Mach number of t h e  drag-due-to-lif t  f a c t o r  i s  a l so  pre- 
sented i n  f i gu re  29. 
drag coef f ic ien ts  previously described from t h e  drag coe f f i c i en t s  f o r  t h e  bas i c  
configuration with leading-edge droop and optimum f l a p  def lec t ions  a t  l i f t  coef- 
f i c i e n t s  near those t h a t  would probably be required t o  obtain m a x i m u m  f u l l - s c a l e  
l i f t - d r a g  r a t i o s .  A t  supersonic Mach numbers from 2.6 t o  3.5, t h e  drag-due-to- 
l i f t  increase i s  approximately as predicted by l i n e a r  theory.  A t  a Mach number 
of 2.3 the drag due t o  l i f t  i s  s ign i f i can t ly  higher  than  t h e  t rend  defined by 
t h e  data obtained at t h e  higher Mach numbers. This increase i n  drag can be 
a t t r i bu ted  t o  separation of t h e  f l o w  on t h e  upper surface of t h e  wing a t  t h i s  
off-design condition. 

These f ac to r s  were obtained by subtract ing t h e  minimum 

Lift-drag ra t ios . -  Because of t h e  question r e l a t e d  t o  t h e  condition of t h e  
boundary l aye r  f o r  t h e  present invest igat ion,  which w a s  noted e a r l i e r ,  no attempt 
i s  made herein t o  pred ic t  fu l l - s ca l e  m a x i m u m  l i f t - d r a g  r a t i o s  f o r  t h e  proposed 
configuration. However, estimates (not  presented) based on these  experimental 
r e s u l t s  suggest t h a t  an a i rp lane  t y p i f i e d  by t h e  proposed combination would 
achieve r e l a t ive ly  high l i f t - d r a g  r a t i o s  at supersonic Mach numbers t o  3.20 and 
sa t i s f ac to ry  l i f t - d r a g  r a t i o s  at subsonic and t ransonic  speeds. 

I n l e t  Simulation 

Examination of t h e  o i l  flow and schl ie ren  photographs ( f i g s .  26 and 27) 
ind ica tes  t ha t ,  i n  contrast  t o  t h e  condition which ex is ted  at t ransonic  speeds 
and which was noted previously, t h e  i n l e t s  are operating properly i n  t h e  super- 
sonic range and the  l o c a l  enter ing flow i s  reasonably d i n e d  with t h e  i n l e t .  

14 



... 
mom 
* a  
* a s  

It may be noted !?figure 
number (3.2)  a r e  noticeably with t h e  
decelerat ion of t h e  flow 
should allow t h e  use of an i n l e t  somewhat smaller than t h a t  which would be 
required if t h e  i n l e t  w a s  loca ted  i n  t h e  f r e e  stream. 

No boundary-layer d ive r t e r  w a s  included i n  t h e  model inlet  system, although 
a d ive r t e r  might possibly be required f o r  a proposed f u l l - s c a l e  vehicle .  It is  
f e l t ,  however, t h a t  t h e  drag increment associated with such a d i v e r t e r  would be 
s l i g h t  s ince  t h e  dis tance from t h e  wing leading edge t o  t h e  i n l e t  i s  r e l a t i v e l y  

. short  and t h e  height of t h e  required diver ter ,  therefore ,  would be s m a l l .  

S t a b i l i t y  and Control 

Trimming moments.- For t h e  se lec ted  center-of-gravity loca t ion  t h e  complete 
configuration with leading-edge droop, 7" of f l a p  def lect ion,  and t h e  bas ic  0' 
e leva tor  def lec t ion  i s  trimmed at l i f t  coef f ic ien ts  'Slightly below those for 
f u l l - s c a l e  m a x i m u m  l i f t - d r a g  r a t i o s  ( f i g .  29) at Mach numbers t o  0.90 ( f i g .  9 ( c ) ) .  
A t  t ransonic  Mach numbers t h e  configuration with 4' f l a p  def lec t ion  t r i m s  at  lift 
coef f i c i en t s  w e l l  below those f o r  m a x i m u m  l i f t -d rag  r a t i o .  

Results f o r  t h e  bas ic  configuration w i t h  leading-edge droop show t h a t  a t  
supersonic speeds, f o r  t h e  se lec ted  center-of-gravity locat ion,  t r i m  occurs at 
l i f t  coe f f i c i en t s  close t o  those f o r  t h e  fu l l - s ca l e  m a x i m u m  l i f t - d r a g  r a t i o s .  
Examination of t h e  r e s u l t s  presented i n  f igure 21( c) ind ica tes  t h a t  var ia t ions  
i n  fuselage s i z e  and w i n g  d ihedral  have only s l i g h t  e f f e c t s  on t r i m .  On t h e  
o ther  hand, fuselage camber ( f i g .  20 (c ) )  and afterbody closure ( f i g .  22) r e s u l t  
i n  a f a i r l y  constant pos i t i ve  s h i f t  i n  pitching moment (and, therefore ,  increases  
i n  l i f t  coe f f i c i en t s  f o r  t r i m )  throughout the  supersonic Mach number range. 

Longitudinal s t a b i l i t y . -  The f l a p  def lect ions required t o  obtain improved 
f o r  t h e  various subsonic and transonic conditions a l s o  s ign i f i can t ly  (L/D)max 

increase t h e  l i f t  coe f f i c i en t s  f o r  pitch-up ( f i g .  8 ( c ) ) .  The w i n g  leading-edge 
droop f u r t h e r  increases  t h e  l i f t  coef f ic ien t  f o r  pitch-up i n  t h e  subsonic speed 
range with e s s e n t i a l l y  no e f f ec t  a t  transonic Mach numbers ( f i g .  9 ( c ) ) .  
t h e  f l a p  def lec t ion  and wing leading-edge droop, t h e  l i f t  coef f ic ien t  f o r  pi tch-  
up i s  delayed t o  coe f f i c i en t s  w e l l  beyond those required f o r  f u l l - s c a l e  maximum 
l i f t - d r a g  r a t i o s .  

With 

The pitch-up f o r  t h e  configuration with t h e  nace l les  and fuselage camber 
de le ted  i s  much more severe than f o r  t h e  complete configuration ( f i g .  ll(c)). 
This d i f fe rence  r e s u l t s  from a favorable e f fec t  of t h e  nace l les  on t h e  boundary- 
l a y e r  separa t ion  similar t o  t h a t  described i n  reference 11. 

A t  t h e  l i f t  coef f ic ien ts  f o r  maximum l i f t -d rag  r a t io s ,  t h e  longi tudina l  
s t a b i l i t y  parameter acm/&, i s  about -0.08 at  M = 0.90, and -0.14 at M = 1 . 2  
( f i g .  28). The e f f ec t  of t h e  t a i l  on t h e  subsonic and t ransonic  longi tudina l  
s t a b i l i t y  i s  shown i n  f igu re  l3( c) . 



a b *  
a*.  
a .  

a. * R a *. * *  Examinat imp4 t?i& sup*@rsqhiE it$hir&-Faye";t resu1t::gor t h e  bas i c  con- 
f igura t ion  !fig .*$&( c t l  $xl&&es:t d?%RC? var ia t ions  with l i f t  coef f ic ien t  a r e  
reasonably lj!ne&F*o%er t h e  probable f l i g h t  l i f t - c o e f f i c i e n t  range. A t  t h e  l i f t  
coef f ic ien ts  f o r  m a x i m u m  fu l l - s ca l e  l i f t - d r a g  r a t i o ,  t h e  longi tudina l  s t a b i l i t y  
parameter var ies  from -0.19 at  a Mach number of 2.60 t o  -0.11 at  a Mach number 
of 3.50 ( f i g .  28).  The e f f e c t  of t h e  hor izonta l  t a i l  on t h e  supersonic longi- 
tud ina l  s t a b i l i t y  i s  shown i n  f igu re  23(c) .  

Removal of t h e  nace l les  from t h e  bas ic  configuration with a drooped leading 
edge r e su l t s  i n  subs t an t i a l  adverse e f f e c t s  on s t a b i l i t y  ( f i g .  20 (c ) ) .  
changes are associated with t h e  increase i n  upper-surface separat ion which w a s  
noted i n  the  discussion of t h e  t ransonic  cha rac t e r i s t i c s .  

These 

Lateral  s t a b i l i t y . -  The l imi ted  r e s u l t s  i n  s i d e s l i p  of f igu re  14(d)  i nd ica t e  
an increase i n  t h e  pos i t i ve  d i r ec t iona l  and l a t e r a l  s t a b i l i t y  of t h e  configura- 
t i o n  with an increase i n  angle of a t tack  throughout t h e  subsonic and t ransonic  
speed ranges. 
empennage on at an angle of a t tack  of 1.5' ranges from O . O O l 5  at a Mach number 
of 0.50 t o  0.0023 at a Mach number of 1.20. 
at these  Mach numbers and a, = 1 . 5 O  a re  -0.OOgl and -0.0033, respect ively.  

The d i r ec t iona l  s t a b i l i t y  parameter f o r  t h e  configuration with 

Values of pos i t i ve  e f f ec t ive  d ihedra l  

Lateral  s t a b i l i t y  der iva t ives  f o r  t h e  basic,  drooped-leading-edge conf igura- 
t i o n  at Mach numbers near 3.0 and angles of a t tack  near those f o r  m a x i m u m  l i f t -  
drag ratios are given i n  f igu re  24 and a r e  seen t o  be -0.0015, 0.0019, and 
-0.0071 fo r  Cz CnP, and Cy , respectively,  f o r  t h e  configuration with empen- 

nage on. 
P' P 

Controls.- The r e s u l t s  presented i n  f igu res  13 and l 5 ( d )  i nd ica t e  t h a t  t h e  
Cqe, 

of -0.0026, -0.0011, and -0.0002, respect ively,  a t  a Mach num- 

elevator,  rudder, and a i l e ron  def lec t ions  inves t iga ted  provide values of 

Cngr, and Cz8  

b e r  of 0.90 and an angle of a t tack  of l.5O. The marked change i n  p i tch ing  moment 
associated with t h e  a i l e ron  def lec t ion  r e s u l t s  from varying t h e  de f l ec t ion  of t h e  
r igh t  a i le ron  only. 

a 

Effectiveness parameters f o r  t h e  hor izonta l  ( e l eva to r )  and v e r t i c a l  ( rudder)  
tail controls a t  Mach numbers near 3.0 have values of -0.0006, -0.0004 per  degree 

for cq e and 'nEr9 respect ively.  (See f i g s .  23 and 25.) 

Sonic Boom 

The bow-shock overpressure (sonic-boom l e v e l ) ,  as obtained by ~ d j u s t i n g  
tunnel  data ( f i g .  30) f o r  t h e  a i rp lane  configurat ion with t h e  reduced fuselage 
s i z e  ( f i g .  3 l ) ,  has been extrapolated,  on t h e  bas i s  of reference 4, t o  meet f l i g h t  
conditions f o r  Mach numbers of 1.40 and 2.01 and f o r  a w i n g  loading of 
65 lb/sq f t ,  as shown i n  f igu re  32. I n  t h e  ex t rapola t ion  of t h e  data,  complete 
r e f l ec t ion  of t h e  bow shock at t h e  ground w a s  aseumed and, as suggested by ref- 
erence 4, t h e  reference pressure w a s  chosen simply as t h e  measured atmospheric 

W/S 
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* a  e am - 0 a a e, 
pressure at midaltitube?.' 
m a x i m u m  overpressure of 1.5 lb / sq  f t  wo3d'BE 'prodw8eR %q $?e  gy t h e  con- 
f igu ra t ion  i n  s t r a i g h t  and l e v e l  f l i g h t  at 58,000 f e e t  f o r  a M'ac!'nm6er of 2.01 
and at 48,000 feet f o r  a Mach number of 1.40. 
c i en t s  f o r  these  conditions a re  CL = 0.145 and CL = 0.175, respect ively.  

An an&L;Ps$s;dl? t u e  $a, Q f  f&gu??e'r2:ipdicl4tes t h a t  a 

The corresponding l i f t  coef f i -  

CONCLUDING FU3MARKS 

The experimental results presented herein ind ica t e  t h a t  t h e  proposed arrow- 
w i n g  t ranspor t  a i rp lane  configuration has sa t i s f ac to ry  high subsonic, transonic,  
and off-design supersonic aerodynamic charac te r i s t ics ,  as w e l l  as r e l a t i v e l y  high 
l i f t - d r a g  r a t i o s  at t h e  c ru ise  speeds near a Mach number of 3.2 and low sonic- 
boom pressures.  

Langley Research Center, 
National Aeronautics and Space Administratisn, 

Langley Station, Hampton, Va., January 9, 1963. 
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W i n g :  
Sweep. A. deg . . . . . . . .  
Aspect ratio.  A . . . . . . .  
Taper r a t i o  . . . . . . . . .  
Root chord/Length . . . . . .  
Area. sq f t  . . . . . . . . .  
Mean aerodynamic chord. f t  . 
Span . . . . . . . . . . . .  
Air fo i l  sect ion . . . . . . .  
t / c  (mean) . . . . . . . . .  
Twist (overal l ) .  deg: 

Drooped leading edge . . .  
Undrooped leading edge . . 

Incidence (mean) ( leading edge 
drooped). deg . . . . . . .  

Dihedral (mean). deg . . . .  

Basic 

. . . . . . . . .  74.5 

. . . . . . . . .  1.72 

. . . . . . . . .  0.15 . . . . . . . . .  0.53 . . . . . . . . .  1.43 . . . . . . . . .  1.08 . . . . . . . . .  1-57 . . . . . . . . .  Modified 
c i r cu la r  a r c  . . . . . . . . .  0.05 

. . . . . . . . .  . . . . . . . . .  

. . . . . . . . .  . . . . . . . . .  

2.8 
1.9 

1 - 5  
19 

Horizontal t a i l  (fuselage afterbody closed): 
Sweep.A. deg . . . . . . . . . . . . . . . . .  68 
Aspect ratio.  A . . . . . . . . . . . . . . . .  1.72 
Taper r a t i o  . . . . . . . . . . . . . . . . . .  0.25 
Exposed area/Area wing 0.086 
Ai r fo i l  . . . . . . . . . . . . . . . . . . .  .Circular a r c  
t / c  . . . . . . . . . . . . . . . . . . . . . .  0.02 
Incidence. deg . . . . . . . . . . . . . . . .  1.0 
Dihedral. deg . . . . . . . . . . . . . . . . .  22 

Sweep. A. deg . . . . . . . . . . . . . . . . .  75 
Aspect ra t io .  A . . . . . . . . . . . . . . . .  0.48 
Taper r a t i o  . . . . . . . . . . . . . . . . . .  0.20 
hea lwing  area . . . . . . . . . . . . . . . .  0.085 
Air fo i l  sec t ion  . . . . . . . . . . . . . . .  .Circular a r c  
Rudder/Tail a rea  . . . . . . . . . . . . . . .  0.25 

. . . . . . . . . . . .  

Elevator /Stabi l izer  area (exposed) . . . . . .  0.34 

Ver t ica l  ta i l :  

fis elage : 
Frontal  area/Wing area . . . . . . . . . . . .  
Fineness r a t i o  . . . . . . . . . . . . . . . .  

Airplane: 

. . . . . . . . . . . . . . . . . . . .  
I 

Total  wetted area/Wing area . . . . . . . . .  

0.023 
19 

0.178 
3.4 

Small fuselage. 
reduced dihedral  

74.3 
1-75 
0.15 
0.53 
1.45 
1.08 
1-59 

0.05 

Modified 
c i rcu lar  a r c  

2.8 
1.9 

1.5 
15 

68 
1.72 
0.25 
0.086 

Circular a r c  
0.02 
1.0 
22 

75 
0.48 
0.20 

0.084 
Circular a rc  

0.016 
22 

0.162 
3-3 
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D i  s tance 
from 

nose, i n .  

0.25 
11 
11.50 
12 
12.50 
13 
13 50 
14 
15 
16 
17 
18 
19 
20 
21 
22 
23 
24 
25 
26 
27 
28 
29 
30 
31 
32 
33 
34 
35 
47.12 
47.25 

( b )  Fuselage coordinates - Concluded 

Fuselage coordinates, in. ,  f o r  - 
Side view 

Closed afterbody 

Upper 
surf ace 

0.20 
1.00 
1.03 
1.04 
1.03 
1.00 

* 95 
* 90 
.82 
.74 
.65 - 57 
50 
.45 
* 39 
35 - 32 
30 
.28 
.28 
.28 
27 
-27 
27 
27 - 27 
.26 
.26 
* 25 
25 

* 13 

Lower 
surf ace 

0.16 
-.82 
-.87 
-.92 
-.97 
-1.01 
-1.05 
-1.10 
-1.19 
-1.28 
-1.36 

-1.51 
-1.56 
-1.62 
-1.66 
-1.70 
-1.72 
-1.73 
-1 * 73 
-1.73 
-1.72 
-1.70 
-1.63 

-1.58 
-1.51 
-1.43 
-1.33 
.01 
-13 

-1.44 

-1.64 

Closed afterbody 
with fuselage 

lowered 

Upper 
surf ace 

0.20 
1.00 
1.03 
1.04 
1.03 
1.00 
95 - 90 
.82 
9 74 
.65 - 57 
50 
.43 
37 

9 33 
.28 
.24 
.22 
.21 
.a 
19 
.18 
a 1 7  
.16 
15 
13 
.12 
.11 
.11 

0 

Lower 
surf  ace 

0.16 
-.82 
- .87 
-.92 
-a97 
-1.01 
-1.05 
-1.10 
-1.19 
-1.28 
-1.36 

-1.51 
-1.56 
-1.62 
-1.66 
-1.71 
-1.73 
-1.76 
-1.78 
-1.79 
-1.80 
-1.80 
-1 9 77 
-1 73 
-1.68 
-1.61 
-1.53 
-1.44 
- .12 
0 

-1.44 

Plan  view 
referenced t o  

center  l i n e  

0.02 
* 93 
* 97 
1.01 
1.05 
1.09 

1.125 
1.125 
1.125 
1.125 
1.125 
1.125 
1.125 
1.125 
1.125 
1.125 
1.125 
1.125 
1.125 

1.09 
1.07 
1.03 
98 
93 

.87 

.81 

.11 

1.11 
1.12 

1.11 

0 
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A i r f o i l  coordinates, in . ,  f o r  - 
Drooped leading edge 

Upper surface Lower surf  ace 

Distance from 
leading edge, 

i n .  

0 
.2  
-5  

1.0 
2.0 
3.0 
4.0 
5.0 
6.0 
7.0 
8.0 
9.0 

10.0 
11.0 
12.0 

14.0 
13.0 

15.0 
16.0 
16.70 

0 
.2 
05 

1.0 
2.0 
3.0 
4.0 
5 - 0  
6.0 
7.0 
8.0 
9.0 

10.0 
11.0 
12.0 
12.65 
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.185 
,185 
.160 
-135 
.080 
.025 

- .065 
- .165 
- .290 

- .510 
- e  420 

0 
- .065 
- . io5 
- .165 
- .270 
- .380 

- .580 
- .665 
- - 750 - .815 
- .860 
- .895 
- .895 
- .895 - .880 

- .815 

- .670 

- .485 

- .845 

- .740 

0 
- .065 
- .loo 
- .160 
- .265 
- * 370 - .460 
- 535 - .605 
- .640 
- ,660 
- .660 
- .640 
- .615 
- -570 
- .510 

22 



Distance from 
leading edge, 

i n .  

0 
.2 
-5 
1.0 
2.0 
3.0 
4.0 
5.0 
6.0 
7.0 
8.0 
9.0 
10.0 
10.81 
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.160 

.160 
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--- Outboard L.E. drooped 
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-2 

( e )  Spanwise v a r i a t i o n s  of l o c a l  thickness  ratio,  maximum camber, and incidence f o r  w i n g  with and 
without leading-edge droop. 

Figure 1.- Concluded. 
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Figure 7.- Variat ion with Mach number of nace l le  mass-flow r a t i o  and i n t e r n a l  drag and base drag 
c o e f f i c i e n t s .  
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0 .04 .08 .I 2 -16 .x) .24 .28 -32 .36 
Lift coeffiaent,CL 

(a) a against CL. 

Figure 8.- Effec t  of t ra i l ing-edge  f l a p  def lec t ion  on t h e  high subsonic and t ransoni  
Wing outboard leading edge undrooped; 6, = 0'; pt aerodynamic c h a r a c t e r i s t i c s .  

c longi tudina l  
= 1 a t m .  
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0 .04 .08 .I 2 . I6 .20 .24 .28 .32 .36 
Lift coefficient,CL 

(b) CD agains t  CL. 

Figure 8.- Continued. 
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Lift coefficient , CL 

(c) cm against CL. 

Figure 8. - Concluded. 
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Deflection of flap 
Configuration and aileron, deg 

o Outboard L.E. undrooped 4 
o Outboard L.E. drooped 4 
0 Outboard L.E. drooped 7 

Lit coefficM,CL 

( a )  a aga ins t  cL. 

Figure 9.- Effect of w i n g  outboard leading-edge droop on t h e  high subsonic and t ransonic  longi tudi -  
n d  aerodynamic c h a r a c t e r i s t i c s .  Wing outboard leading edge drooped; 6e = 0'; p t  = 1 a t m .  
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(b)  CD against CL. 

Figure 9.- Continued. 
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( c )  c, against CL. 

Figure 9.- Concluded. 
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( a )  a against  CL. 

Figure 11.- Effect of nace l les  and fuselage camber on t h e  high subsonic and t ransonic  E 

charac te r i s t ics .  Wing outboard leading edge drooped; 6f = 0'; Sa = 0'; 6, = 0'; pt 
terodynamic 
= 1 a t m .  
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0 .04 .08 .I2 .I6 .20 .24 .28 .32 .36 
Lift coefficient ,C L 

(b) CD a g a i n s t  CL. 

Figure 11.- Continued. 

47 



... ... .. ... ... 

(c) cm a g a i n s t  cL. 

Figure 11.- Concluded. 
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ma. ma m m  m a .  me 
. __ m e  m m e  m o m  a m  m a  e m  

m m m  m a  m e  

Experiments with nacelles and fuselage camber deleted 
0 Basic 

, 

( a )  a against  CL. 

Figure 12.- Effect  of reducing fuselage s i z e  and wing dihedral  on high subsonic and t ransonic  lon-  
g i t u d i n a l  c h a r a c t e r i s t i c s .  
leading edge drooped. 

Nacelles off ;  fuselage uncambered; 6f = 0'; 6, = 0'; 6, = 0'; 
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Experiments with nacelles and fuselage camber deleted 
0 Basic 
0 Reduced fuselage size and dihedral 

(b) CD aga ins t  CL. 

Figure 12. - Continued. 



Experiments with nacelles and fuselage camber deleted 
0 Basic 
0 Reduced fuselaae size and dihedral 

( c )  C, against cL. 

Figure 12.- Concluded. 



-5 
0 Empennage off 

( a )  a aga ins t  CL. 

Figure 13.- Effect  of e leva tor  def lec t ion  and empennage on t h e  high subsonic and t ransonic  longi-  
tudinal  aerodynamic c h a r a c t e r i s t i c s .  
p t  = 1 a t m .  

Wing outboard leading edge undrooped; bf = 7'; 6, = 7'; 



0 .04 .08 .I 2 .I6 .20 .24 .28 .32 .36 
Lift coefficient,CL 

(b)  CD against CL. 

Figure 13.-  Continued. 
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(c) C, agains t  cL. 

Figure 13.- Concluded. 
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.04 .08 . I  2 .16 e 20 
Lift  coefficient ,CL 

( a )  a against cL. 

.24 .28 32 

Figure 14 . -  Effect of s i d e s l i p  on t h e  high subsonic and t ransonic  aerodynamic c h a r a c t e r i s t i c s .  Wing 
outboard leading edge undrooped; 6f = 7'; 6, = 7'; 6, = -5'; pt = 1 a t m .  
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Figure 14. - Continued. 
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( d )  La tera l  s t a b i l i t y  der iva t ives  and longi tudina l  increments due t o  s ides l ip .  

Figure 14 . -  Concluded. 



( a )  u against CL. 

Figure 15.- Effec t  of rudder and a i l e r o n  def lec t ion  on t h e  high subsonic and t ransonic  
W i n g  outboard leading edge undrooped; 6f = 7'; 6, n d  aerodynamic c h a r a c t e r i s t i c s .  

6e = -5O; pt = 1 a t m .  

longi tudi-  
= 70; 
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.04 .08 .I2 .I6 .20 .24 .28 .32 
Lift coefficient ,C, 

(b) CD a g a i n s t  CL. 

Figure 15.- Continued. 



( c )  cm against cL. 

Figure 15. - Continued. 
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(d) L:iteral s t a b i l i t y  der iva t ives  and longi tudina l  increments due t o  rudder def lec t ion .  

Figure 15.- Continued. 
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( e )  L a t e r a l  s t a b i l i t y  der iva t ives  and longi tudinal  increments due t o  a i le ron  def lec t ion .  

Figure 15. - Concluded. 



M = 0.97; CL = 0.187. 

M = 0.90; CL = 0.176. L-63-5 

Figure 16.- Fluorescegt-oi l  film photographs of the boundary-layer flow pat te rns .  Wing outboard 
leading edge undrooped; 6f = 7'; 6, = To; empennage off. 
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Figure 17.- 

.02 

Lift coefficient ,CL 

Effec ts  of t r a n s i t i o n - s t r i p  densi ty  and Reynolds number v a r i a t i o n  
6f = 4O; 6 ,  = 40; be  = 1.750; leading edge drooped. 

at M = 2.01. 



... 
Outboard L.E. drooped 

(a)  a agains t  cL. 

Figure 18.- Effect  of wing outboard leading-edge droop on supersonic longi tudina l  aerodynamic char- 
a c t e r i s t i c s .  Basic fuselage; 6f = 00; 6 ,  = 00; 6, = 1.75'. 
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-.04 0 .04 .08 .I 2 .I6 .20 .24 

Lift coefficient ,CL 

( b )  CD against CL. 

Figure 18.- Continued. 



0 Outboard L.E. drooped 

Lift coefficient,CL 

( c )  C, aga ins t  cL. 

Figure 18.- Concluded. 
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Figure 19.- Ef fec ts  of Reynolds number var ia t ion  at M = 2.96. 6f = 0'; 6, = 0'; 6, = 1.75'; 
leading edge undrooped. 



0 Off Cam bered 
0 Off Uncam bered 

(a) a against  cL. 

Figure 20.- Effects  of nacel les  and fuselage c a b e r  on supersonic longi tudina l  aerodynamic charac- 
t e r i s t i c s .  6f = 0'; 6 ,  = Oo; 6, = 1.75O; leading edge drooped. 
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Figure 20.- Continued. 
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( c )  C, against cL. 

Figure 20.-  Concluded. 
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(a) a against CL. 

Figure 21.- Effects of reducing fuselage size and wing dihedral on supersonic longitudinal aero- 
dynamic characteristics. 
(Results for nacelles-on configuration have been estimated using nacelle increments deter- 
mined from fig. 20.) 

Nacelles off; 6f = 0'; 6,  = 0'; 6, = 1.75O; leading edge drooped. 
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(b) CD aga ins t  cL. 

Figure 21.- Continued. 
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0 Off Small Reduced 
--- On Small Reduced (estimated) 
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Lift coefficient ,CL 

( e )  c, against CL. 

Figure 21. - Concluded. 
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Afterbody closure 
Basic 

--- Raised wing T.E. 

Figure 22.- Incremental e f f ec t  of afterbody closure.  
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L -.w 0 .04 .08 .I2 .I6 .20 .24 
Lift coefficient, CL 

(a )  a against  CL. 

Figure  23.- Effec t  of e leva tor  def lec t ion  and empennage on supersonic longi tudina l  aerodynamic char- 
a c t e r i s t i c s .  6f = Oo; Sa = Oo; leading edge undrooped. 
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( b )  CD agains t  cL. 

Figure 23.- Continued. 
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Figure  23.- Concluded. 
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Figure 24.- Effect  of empennage and angle of a t t a c k  on l a t e r a l  s t a b i l i t y  der iva t ives  a t  super- 
6f = 0'; 6, = 0'; 6, ( f o r  empennege on)  = 1.75'; leading edge drooped. sonic Mach numbers. 
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Figure 25.- Effec ts  of rudder def lec t ion  on supersonic l a t e r a l  aerodynamic c h a r a c t e r i s t i c s .  
Ef = Oo; 6, = Oo; 6, = 1.75'; leading edge drooped. 
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Lower surf  ace 

(a)  M = 2.60; CL = 0.08. L-63-6 

Figure 26.- Fluorescent-oi l  film photographs of boundary-layer flow pa t te rns .  6f = 0'; Fa = 0'; 
6, = 1.75'; leading edge drooped. 
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(b) M = 2.96; CL = 0.07. 

Figure 26. - Concluded. 
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(a)  M = 2.60; a = 1.47O. L63-7 

Figure 27.- Schlieren photographs. Leading edge drooped; 6f = Oo; 6, = 0'; 6, = 1 . 7 5 O .  
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(b) M = 2.96; u = 1.45'. 

Figure 27. - Continued. 

L-63-8 
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(d)  M = 3.50; u = 1.17'. L-63-9 

Figure 27.- Concluded. 
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Figure 29.- Variat ion with Mach number of es t imated f u l l - s c a l e  l i f t  c o e f f i c i e n t s  f o r  (L/D)mm, 
model m i n i m  drag coef f ic ien ts  (leading edge undrooped), and drag-due-to- l i f t  f a c t o r s  
(leading edge drooped). Basic configurat ion.  
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Figure 30.- Pressure s ignatures  of sonic-boom model of b a s i c  configurat ion at Mach numbers 
of 2.01 and 1.4.  
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Figure 31.- Variat ion of maximum sonic-boom overpressure with lift coef f ic ien t  a t  severa l  Mach 
numbers. 
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Figure 32.-  Varia t ion  with a l t i t u d e  of maximum sonic-boom overpressure a t  ground and l i f t  coef f i -  
c ien t  f o r  small fuselage configuration at W/S = 65 lb/sq f t .  
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